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1 .O Introduction 
This book contains a collection of scaling equations, weight statements, scaling factors, 
etc., useful to someone doing conceptual design of trans-lunar spacecraft. It provides 
rules of thumb and methods for calculating quantities of interest. Basic relationships 
for conventional--and several non-conventional-propulsion systems (nuclear and solar 
electric, and solar thermal) are included. The equations and other data have been taken 
from a number of sources and are not all consistent with each other in level of detail 
or method, but provide useful references for early estimation purposes. 
Scaling equations are presented on two levels: overall vehicle sizing and sub-system 
sizing. They should be 
used when extreme accuracy is not a prerequisite. When higher fidelity is required, and 
time is not an overriding concern, the vehicle can be sized by sub-system, using the 
The equations for overall vehicle sizing are quick and simple. 
sub-system sizing equations and relationships. 
Vehicle sub-systems can be broken down in any number of ways. To prevent confusion, 
a list of general subsystems discwsed throughout this book is presented here: 
Propellant 
Engines 
Avionics 
structures 
Aerobrakes and Heatshields 
Environmental Control and Life Support 
Crew 
Power and Electrical 
Landing and Docking 
Propellant Tanks 
Insulation and Thermal Protection 
Attitude Control 
The relationships and other numbers collected here are primarily for Orbital Transfer 
VeMcles ( O W ’ S )  operating between Low Earth Orbit (LEO) and Low Lunar Orbit (LLO), 
and for lunar surface landers/launchers. 
1 
Mp = 
MPLA' 
2.0 Conventional Chemical Propulsion Systems 
The f m  problem in sizing a spacecraft is to define the burnout mass (Mho) of the 
vehicle accurately. The burnout mass is a combination of the inert mass, the payload 
mass, and the mass of any trapped fuel. 
The inert mass for Orbital Transfer Vehicles ( O W ' S )  and the various propulsive elements 
of the lunar transportation system can be estimated using the following equation. 26 
2.0-1) Stage Inert Mass = IC + B * MD) + F * MPLA 
(1 -F) 
Where : 
Stage Propellant Capacity (in kg). 
the maximum amount of payload that will be c&ed through the 
aerobraking maneuver (in kg). 
and 
c =  
c =  
c =  
the aerobrake mass fraction 
.15 estimated default value 
2279 kg, B = .04545 for cryogenic stages 
2352 kg, B = .0228 for pump-fed storable stages 
2454 kg, B = .04253 for pressure-fed storable stages 
In this equation, "C" represents the mass of a l l  OTV subsystems which are not dependent 
upon the propellant mass (Mp). These subsystems are known as invariant or constant 
mass systems. Data Communications, Power, Attitude Control, Structure, and even the 
Engines can be considered constant maw systems for O W ' S .  "B" is a mass factor which 
is used to estimate the mass of those systems which are dependent upon the propellant 
mass. These systems include Propellant Tanks and Thermal Protection. 
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The size of the aerobrake is dependent on the entry mass that must be aerobraked. 
which is the fraction of the entry mass that is aerobrake takes this effect into account. 
F, 
Aerobrake Mass = F (entry mass) 
Due to the increased structural stiffness requited for landers and launchers, equation 
2.0-1 is not valid for vehicles operating to and from the lunar d a c e .  The Large Scale 
Programs Institute (LSPI) has developed a similar equation for Oxygen/Hydrogen (cryogenic) 
lunar landers. 
2.0-2) Mi=B*Mp+C 
where: Mi = Inert Mass 
Mp = Propellant Mass 
and: B = 0.2 
C=1800<kg> 
In this equation, "B," the mass factor for propellant dependent systems, is considerably 
larger than its counterpart in the O W  scaling equation (2.0-1). This is due to the 
higher strength requirements of landers and launchers. 
The mass of invariant systems ("C") mains  approximately the same as that of the 
O W ' S .  The argument has been 
made that for landers and launchers there arc few systems which are invariant or constant 
mass systems. During time critical maneuvers, such as ascent and descent, the per- 
formance and load capabilities of a lunar lander or launcher must be maintained within 
However, this theory is not universally accepted.35 
3 
fairly narrow tolerances. Therefore, sub-systems such as Engines, Structures, Attitude 
Control, and landing gear should be scaled with the gross or deorbit mass of the vehicle 
rather than be considered invariant. In this case, the equation for predicting the lander 
or launcher inert mass would be: 
2.0-3) Mi = A* Mg + B* Mp + C 
where: A = 0.0640 
B =0.0506*FD 
c =390 
and Mi =InertMass<kg> 
Mg = Gross Mass <kg> 
Mp = Propellant Mass <kg> 
where: FD =DensityFactor 
The constants in this equation have been chosen using the Apollo Lunar Module as a 
guide. 
The density factor (FD) adjusts the "B" coefficient to account for different types of 
I propellants. The volume effects of less dense cryogenic propellants are taken into account. 
The density factor is defined to be the ratio of the bulk density of Lunar Excursion Module 
(LEM) propellants to the bulk density of the propellants desired for use. 
2.0-4) 
where: Db(1) = Bulk density of LEM propellants 
Db(d) = Bulk density of desired propellants 
4 
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For Example: 
The LEM used a 1.6 mixture ratio of Nitrogen tetroxide (N204) oxidizer and Aerozine-50 
fuel. From Table 2.2-5 (Page 25), Nitrogen tetroxide has a density of 89.52 cLb/ft3>, 
and Aerozine-50 is 56.10 ab$>.  Using the bulk density equation at the bottom of 
the same table, it is found that the bulk density of the LEM propellants Db(1) is 72.83 
<Lb/ft3>. If a 6:l mixture ratio of Liquid Oxygen to Liquid Hydrogen is desired, than 
the bulk density of the desired propellants Db(d) is 22.54 <Lb/ft3>, and the density 
factor (FD) is 3.23. 
5 
2.1 Propellant System 
After the mission has been defined, an analysis will result in a set of maneuvers that 
the vehicle must complete. Each of these maneuvers will require a change in the vehicle’s 
velocity (delta V). The propulsion system must supply this delta V through the expenditure 
of propellant. 
2.1.1 Propellant Requirements 
The first key parameter for finding the total propellant mass is the propellant’s Specific 
Impulse (Isp). It is the best indicator of propulsion performance. 
2.1-1) I s p = T / R ,  
T = Total Engine Thrust 
R, = Rate of Propellant Mass Flow 
The propulsion system has an Isp rating based on the engine design and the propellant 
mixture combination. In Section 2.2, Rocket Engine Performance, a list of Isp ratings 
can be found for various systems which are being used today or have been used in the 
Past. 
The propellant mass (rulp) can be related to the vehicle’s Isp, burnout mass (Mbo), and 
required velocity change (delta V) using a modified form of Tsiokovsky’s Equation: 
6 
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g 
% 
= Acceleration of Gravity at Earth's surface 
= Mass of the vented propellant (Boiloff') 
=Unusedpropellant 
Calculating the mass of the vented propellant (Mv) is the topic of Section 2.1.4. Determining 
the amount of unused propellant (Mu) is discussed is Section 2.1.3. Note that unused 
propellant is also a component in the burnout mass. 
Generally, the velocity changes (delta V's) are calculated using a simulation program 
which can determine the maneuvers and the optimal performance for the mission desired. 
Obtaining a detailed Maneuver Summary and Mission Plan is beyond the scope of this 
report. The reader interested in this subject is referred to references 39,40, and 41. 
2.1.2 Velocity Changes and Gravity Losses 
The velocity changes (Delta-V's) required to transfer from one orbit to another are "impul- 
sive" Delta-V's, which assume instantaneous velocity change. In practice, the velocity 
change must be performed by a rocket which takes a finite (sometimes rather long) time 
to finish the task. For a large Delta-V such as translunar injection (- 10,500 €t/sec or 
3.2 Wsec), even with a steady 1-g acceleration, Thrust to Weight (T/W)=l--over 5 minutes 
is required for the maneuver. 
As the maneuver time increases, that is, as the thrust to weight ratio decreases, the 
maneuver becomes less efficient and the total Delta-V required increases. The differences 
between the real first bum Delta-V and the impulsive case are called "Gravity Losses" 
7 
and are caused by the vehicle moving away from perigee during the bum. These "gravity 
losses" only become significant when the total engine bum time (maneuver time) becomes 
a signifkant percentage of the orbit period. This is a function of initial T/W, Delta V 
required, period of the initial orbit, and Isp. 
For the Translunar injection (TLI) bum (3.2 Wsec)  from Low Earth Orbit with a T/W 
of 1 (bum time 5 min), the g-losses are only 6 m/sec (20 f p s ) .  If T/W is .1 (50 min 
bum time) the losses increase to 360 rn/sec (1200 fps) ,  a substantial loss. This can be 
reduced dramatically by using a 2 bum option in which about half of the Delta V is 
delivered on the first bum. The engines are stopped and the spacecraft coasts around 
in the resultant ellipse and finishes the bum as the vehicle approaches and transits 
perigee. This technique reduces 
the g-losses for T/W = .1 from 360 m/sec to 75 m/sec (240 fps), an acceptable loss. 
This intermediate ellipse has a period of about 4 hours. 
To find g-losses in the general case requires numerical integration through the bum and 
comparison with the impulsive case. However, for the lunar program where the Delta V 
is relatively constant and only a few Isp value level groups will be used, an analytical 
expression can be empirically derived. For TLJ and an Isp. - 450 sec, the g losses are 
given by: 
2.1-3) g-losses = 1635 m/sec / [l - 9.86 T/W + 512 fl/W12] (from Ref. 26) 
for a single bum and 1/3 to 1/4 of that for the two bum case. In this equation, T/W 
= initial thrust to weight, and it is assumed that the thrust remains constant throughout 
the bum (the weight changes). This means for the multi-stage cases that the stages 
are identical at least so far as thrust is concerned. 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
1 
I 
I 
I 
I 
1 
1 
I 
I 
8 
G-losses at the Moon (LO1 and TEI) are not large for the lunar transport cases. The 
large stack weights (and large Delta V) are only at Earth departure while the actual 
thrust levels are a constant in the scenarios king considered. 
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2.1.3 Unusable Propellant 
The unused propellant consists of Flight Performance Reserve (FPR) and Trapped Fuel. 
Based on empirical data gathered for numerous vehicles (Appendix A&B), the FPR and 
Trapped Fuel make up about 2.25% of the total propellant mass for the main propulsion 
system. Figure 2.1-1 shows a graphical depiction of the unusable propellant for those 
vehicles in Appendices A and B. 
2.1.4 Insulation and Boiloff 
Spacecraft using liquid hydrogen as a fuel wM have substantial propellant boiloff. As the 
propellant boils and returns to a gaseous state, it is vented to space. The venting is 
necessary to prevent an excessive internal pressure build-up. 
The boiloff rate of propellant is dependent on many factors. The primary factors are: 
- tankshapeandsize 
- 
- 
- 
- 
the operating pressure of the tank 
the thickness ( X )  and thermal conduction coefficient (K) for the tank and its insulation 
the absorptivity (a) and emissivity (e) of the tank d a c e  coating 
the boiling point temperature (Tb), density (d), and heat of vaporization (H) of the 
propellant. 
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The basic equation for a spherical, vented propellant tank of radius "r" is: 
2.1-4) R% = F/ (d  * H * r) = RMb/% 
Where: R% 
F = Heat Flux 
RMb = Rate of propellant boiloff by mass Cmass/unit time> 
Mp = Mass of propellant 
H 
d = Propellant density 
= Boiloff rate as a percentage of total mass <%/unit time> 
= Heat of vaporization of propellant 
The heat flux (F), used in the above equation, is the rate at which heat passes through 
a unit area of tank wall. It is a function of the thickness, thermal conduction coefficient 
of the tank and its insulation, and the temperature difference (T) between the internal 
and external surfaces of the tank. It can be calculated using the following equation. 
2.1-5) F = K * T / X  
Where: T 
'e 
Tb 
X 
K 
=Te-Tb 
= External Temperature of the Tank 
= Internal (boiling) Temperature of the Tank 
= Insulation Thickness 
= Thermal Conduction Coefficient 
The thermal conduction coefficient varies from O.ooOo3 Btu/(hr. ft. 'F) for Super insulation 
to 130 Btu/(hr. ft. 'F) for Aluminum18. Table 2.1-1 contains some of the properties of 
various types of insulations. 
11 
The temperature on the external Surface of the tank (T,) is affected by the tank surface 
properties, lighting conditions, and the existence of cooling systems such as vapor cooled 
shields. Assuming that the tank is not shaded and its entire surface area is exposed to 
solar radiation the external temperature without a cooling system is defined by the 
absorptivity and emissivity of the Surface materials. The absorptivity to emissivity ratio 
20 can range from 0.1 for silvered teflon to 9 for copper or black nickel . The external 
temperature of tanks with these Surface materials is between -150’F and 800’F respectively 
when in near-Earth space. 
The internal temperature of the tank is essentially the boiling point temperature (Tb) of 
the propellant. Table 2.1-2 shows some of the properties of cryogenic propellants. 
The insulation thickness is obtained from the detailed design. For long duration Mars 
missions the optimal thickness for Multi-Layered Insulation (MLI) is between 2 and 4 
inches for oxygen and hydrogen tanks”. The Centaur G upper stage vehicle has 1.5 
inches of foam insulation on its hydrogen tank and none on the oxygen tank1*. The 
optimal insulation thickness (Xopt) can be calculated from an equation obtained in reference 
18. 
= (K * T * t /(%* di * H)YY).S xoPt 2.1-6) 
Where: t = Time Exposed to Heating 
Mf = SpmraftMassFraction 
di = Density of Insulation 
K = Thermal Conduction Coefficient 
T = External/Internal Temperature Difference 
H = HeatofVaporization 
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This equation does not take into account the performance losses due to the differences 
in insulation mass. Therefore, it should not be used for long duration flights where the 
insulation mass would be a large percentage of the total vehicle mass. 
Once the type and thickness of the insulation is known, the surface area (A) to be insulated 
can be determined from the tank size, and the weight of the insulation can be calculated. 
2.1-7) Wi = X * di * A 
Example: 
The heat flux for the Centaur G hydrogen tank, with approximately 500 ft*2 of spherical 
surface area in near earth space, is 4 B t ~ / ( W f t ~ ) ~ ~ .  Compare this to the Advanced Mars 
Transfer Vehicle of reference 19 which, with its vapor cooled shield, has a 0.12 (Btu/(hr* 
ft’) heat flux for 3 inch Multi-Layered Insulation. Determine the propellant boiloff rate. 
2.1-4) R% = F/(d*H*r) 
F = 4 <btu/(hr* ft2)> (Heat Flux - Given) 
H = 194.4 <Btu/Lb> 
d = 4.37 4b/ft3> 
s =5oo<ft2) 
(Heat of Vaporization of H2 - Table 2.1-2) 
(Density of H2 - Table 2.1-2) 
(Surface Area - Given) 
r = d S / ( l c  * 4)’ 
= 6.3 <fu 
(Tank Radius) 
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Using Equation 2.1-4, it is possible to calculate the boil-off rate percentage and the 
rate of propellant boiloff. 
R% = 44 194.4 * 4.37 * 6.3) 
= 0.001 
= O.l%/hr (Boiloff Rate Percentage) 
RMD =0.001* Mp=O.001* 4/3 *'IC* 2 * d 
= 0.001 * 4/3 * IC * (6.3)3 * 4.37 
= 4.6 <Lb@ (Rate of Propellant Boiloff) 
The boiloff rate percentage (R%) for the Centaur G hydrogen tank is calculated to be 
0.1% per hour or 4.6 lb per hour. This compares well with the 5 lb per hour rate known 
to exist for this vehicle''. 
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2.1.5 Propellant Requirements for Rendezvous and Docking 
The propellant required for a vehicle to rendezvous and dock with an object in space is 
primarily related to the vehicle’s weight, propellant specific impulse (Isp), and the velocity 
change (delta V) that must be performed. The weight of the vehicle varies with spacecraft 
type, the Isp with propellant type; but the delta V should remain relatively constant. 
The coelliptic rendezvous, developed during the Gemini Program, is the standard docking 
procedure. This threc/four orbit technique requires four maneuvers - Phase Adjustment, 
Coelliptic, Terminal Phase Initiation (TPI), and Terminal Phase Finalization (TPF). In 
low earth orbit, this rendezvous technique ideally requires a total delta V of 55 ft/s for 
the phase adjustment maneuver, 55 ft/s for the coelliptic maneuver, and 70 ft/s during 
the terminal phase - total of 180 ft/s (55 m/sec). 
The delta V’s required for the phase adjustment and coelliptical maneuvers do not have 
much variation from one mission to another. However, typical Gemini missions required 
1.5 to 2 times more fuel (or delta V) during the terminal phase was predicted by the 
ideal calculations. In fact, a docking accident on Gemini X quadrupled the ideal terminal 
phase fuel requirement. To make allowances for such accidents, or human error, the 
Apllo Lunar Excursion Module (LEM) was allotted fuel for a rendezvous and docking 
delta V of 500 ft/s (152 m/sec). This is 2.5 times the predicted delta V requirement 
for an ideal rendezvous and docking procedure. 
The mass of the propellant used can be calculated from equation 2.0-1, where the mass 
of the vented propellant (MJ is zero and the delta V is 500 ft/s. 
17 
2.2 Rocket Engine Performance, Mass, and Specific Impulse 
The following tables provide the mass, thrust, Isp, and other data for a variety of historical, 
existing, and proposed rocket engines. The relationship between engine thrust and 
engine weight is graphically described in Figures 2.2-1 and 2.4-1. Figure 2.2-2 is a bar 
chart of the engine assembly mass for the vehicles in Appendix A. The vehicles are 
arranged in order of thrust level. Tables 2.2-5 and 2.2-6 provide data for a variety of 
propellant combinations as well as propellant properties. 
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FORMULA OR m G B O I L I N G  DENSITY ATTEMP. 
FROPELLANT COMPOSlTION POINT,*F POJNT;F 1b/ft3 'F 
OXtDlZEW 
-153.40 7.30 110.88 77 clF5 chloriae Pmtafluorida 
Inhibited Red Fuming Nitric HN03 + 14% NO2 
Acid(IRFNA,I)rPeW 2% H20 + 0.7% HF --86.00 -140.00 96.83 77 
-361.83 -297.35 71.21 -297.35 O2 Liquid Oxygen 
11.75 70.40 89.52 77 N2°2 Nitrogen Tetroxide 
F2 Fluorine 
Tebranitromethane C(NO2)4 
-363.60 -306.90 94.27 -306.90 
56.50 258.50 101.80 77 
FUELS 
AerozINB - 50 (A-50) 50% N2H4 + 50% UDMH 22.00 158.00 56.10 77 
21.20 363.90 63.51 77 Aniline 'aHS-*2 
34.75 237.60 62.66 77 Hydrazine N2H4 
JP-X 40% UDMH + 60% JP-4 -71.00 -211.00 48.50 77 
434.84 -423.21 4.419 -423.21 H2 Liquid Hydrogen 
-296.80 -259.20 26.48 -259.20 cH4 Methane 
Monomethylhydrazine (MM€I) cH3-N2H3 -62.30 189.80 54.32 77 
-65.00 470.00 66.80 77 RJ-5 c14H18.4 
<-50.00 422.00 49.70 77 Rp-1 ( 9 X  
Unsymmetrical Dimethyl- 
HY-e(uDMH) (cH3)2N2H2 -70.94 144.20 49.00 77 
Obtained from Reference 7. 
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2.3 Aerobrakes and Heatshields - 
The fraction of the entry mas  that is aerobrake or heat shield is a key number for 
scaling computations. The size of the aerobrakeheatshield is also of interest. Aerobrake 
and heatshield types, roughly in order of weight, include ablative, metallic, ceramic or 
other tile, cloth, and ballute. The following table lists a few types and numbers of interest. 
Vehicle Aerobrake Entry Aero- Area Aerobrake/ Veh.Entry 
MUS brake Mass <ft% Entry Mass Mass/Area 
<Klbm> <Ibm/ft2> 
Type 
<Kim 
Apollo CM 
STS Orbiter 
Ablative 
Heat Shield 
Tile 
Heat Shield 
Fabric 
Aerobrake 
Ballute 
Aerobrake 
Tile 
Aerobrake 
Aerobrake 
9.00 2.62 160 .29 56 
139 27.7 5000 .20 28 
6.4 1.5 1,256 .23 5.1 
10.5 .93 854 .089 12 
28.6 4.3 1,256 .15 23 
(GEO round trip) 
(GEO round trip) 
(lunar round trip) 
.10 
Aerobrakes vary from 9 to 29% of the entry mas  in the numbers noted. Some optimists 
will consider 2 %. 15% is a number commonly used. Heat shields, such as those used 
on the Shuttle and the Apollo Command Module, are generally heavier--20 and 30% of 
the entry mass respectively. 
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2.4 Propellant Tankage 
The propellant tankage mass can be obtained from Figure 2.4-1 if the propellant volume 
is known. The propellant volume can be calculated from the density (Figure 2.2-3) and 
the propellant weight obtained from the equations of section 2.1. Figure 2.4-2 is a bar 
chart of some of the vehicles in Appendix A&B. 
In order to use Figure 2.4-1, the following procedure should be employed: 
1. 
2. 
3. 
Determine the volume of the propellant (VB) using the equations at the bottom of 
the chart. 
Choose the type of propellant system from the legend (1 to 5). 
Read the stage weight without engines by moving vertically along the propellant volume 
line to the appropriate propellant system graph, then read the stage weight from the 
right side of the chart. 
4. Choose the desired thrust level. 
5. Choose the type of Engine system from the legend (6 or 7). 
6. Read down and to the left to obtain the weight of the engine and actuation system. 
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Figure 2.4-1:  Weight of Tanks and Rocket Engines 
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3.0 Electric Propulsion Systems 
Electric propulsion systems are more integrated with the trajectory than impulsive systems. 
As the thrust to weight goes down, typically the delta V and trip time go up. The key 
parameters of interest include: 
delta V 
Isp 
- Velocity change (meterdsec) 
- Specific Impulse (kgm-secbgf or lbm-sec/lbf) 
- Thruster Efficiency 
- Specific power for the power source (W/Kg) 
Et 
Psp 
P - Power available (W) 
Electric propulsion systems use electricity from an external power source to accelerate 
propellants and create thrust. These systems are generally characterized by high specific 
impulse and low thrust levels. There are three type of electric system: electrothermal, 
electromagnetic, and electrostatic. 
Electrothermal systems utilize electricity to heat propellants and then accelerate them 
in a nozzle. These systems are thermodynamic rockets and are not considered in this 
document. 
Electromagnetic systems utilize an electrically generated magnetic field to accelerate the 
propellants. These systems include magneto-plasma dynamic (MPD) systems, pulsed plasma 
thrusters, rail guns, and mass drivers. Only MPD systems are discussed in this chapter. 
33 
In MPD thrusters, a high current is passed through a gas which is heated and turned 
into a plasma. This plasma is accelerated by the magnetic field created by the current 
flow. 
Electrostatic (ion thruster systems) use the electric charge of ions created in a chamber. 
The ions are attracted to one end of the chamber by a high voltage grid called an accele- 
rator. 
The components of an electric system are the power source, power converter, power 
conditioner, and the thruster. Power source and conversion systems are usually taken 
together. The systems of note are solar photovoltaic, solar dynamic, nuclear thermo- 
electric or thermionic, and heat engines. The power conditioning system is used to 
supply the appropriate electrical energy to the thruster. MPD systems require high 
current and relatively low DC voltage. Ion systems require high voltage but lower 
current. A more extensive discussion of power systems is contained in Section 4.8. 
Electric propulsion systems are heavily dependent upon the mission plan and the trajectory 
design. Delta V and thrust level are closely related for low thrust electric propulsion 
systems. As the thrust goes down the Delta V can go up dramatically. The thrust/weight 
controls the Delta V. The total power, (specific power) and Isp control the thrust/weight. 
The overall system can be sized beginning with the power system or the thruster system. 
Thus a power system may be chosen and a thruster system will be sized to match it; or 
a thruster system may be chosen and the power system will be sized to match thrusters. 
An optimum power/thruster system may be found for each mission. 
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The following steps describe a method of iterating through a design beginning with the 
power system: 
- Select the desired type of thruster system. MPD and Ion are the two proposed 
for consideration here. 
levels. The ion 
without numerous thrusters. . 
The MPD has lower Isp and can handle higher power 
thruster has a high Isp but can not handle high powers 
- Select the Isp for the system. The different types of thrusters can be designed 
to function over a range of Isps. 
can become variables in an optimization scheme. 
the Isp is simply chosen from experience. 
(Section 3.1 & 3.2). Isp and power level 
For a fust cut, however, 
- Select the power system type, power level, and specific power. The total power 
available, specific power, and the percentage of power available for the 
thruster system are the most important parameters. In short, a lot of power 
from a little mass is desired. The chief problem with electric propulsion to 
date is that power in sufficient quantity has not been available. 
Where: Mp = Power System Mass &g> 
P - Power Level <W> 
= Power System Specific Power <W/kg> psPP 
35 
- Since some of this power may be lost or used by other vehicle subsystems, 
fiid the power to the thruster system, P,. Thruster system power is a percentage 
(N) of the total power. 
P t = N % * P  
- Calculate the mass of the thruster and power conditioning system: 
nr = PPSpt 
Where: MT = Thruster System Mass &g> 
P, = Thruster System Power <W> 
= Thruster System Specific Power <W/kg> 
PsPt 
- Thrust power may be calculated as follows: 
Thrust Power =Pt*Et*Epc 
Where: Et = Thruster Efficiency 
Epc = Power Conditioner Efficiency 
- The thrust is: 
Thrust (T) = 2 * Thrust Power / (Isp * g) 
Where: g = Acceleration of Gravity 
(9.81 d s 2 )  
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- Total system dry mass, less payload, is the sum of the Power system mass 
and the Thruster system mass. 
To begin with the thruster system: 
- 
- 
- DetermineThrust. 
- Calculate Thrust Power. 
Select the desired type of thruster system. 
Select the Isp for the system. 
Thrust Power = Thrust * Isp * g/2 
- Calculate required power to the thruster system: 
Pt = Thrust Power/(Et * Epc) 
- Calculate the mass of the thruster and power conditioning system: 
MT = pf/pspt 
- Since some of this power may be used by other vehicle subsystems, find the total 
power system power level: 
P = P p %  
- Select the power system type, power level, and specific power. 
37 
- Calculate the mass of the power subsystem: 
MP = P/PW 
- Total system mass is the sum of the Power system mass and the Thruster system mass: 
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3.1 MPD Thrusters 
Specific Power of MPD thrusters is estimated to be 1.19 k ~ / k g ~ ~ ,  30 k ~ / k g ~ ~ .  
Isp ranges and propellant selections: 
CURRENT SYSTEMS (Demonstrated): 
Argon 
Nitrogen 
Hydrogen 
1,000 sec - 3,000 sec 
2,000 sec - 4,000 sec 
2,000 sec - 4,000 sec 
Ammonia 
PROJECTED SYSTEMS: 
2,000 sec - 4,000 sec 
various Propellants 1,000 sec - 20,000 sec 
(20,000 sec upper limit is unsubstantiated) 
Efficiency: 
Power Conditioning 98 % 
Thruster System: 
ARGON 30% demonstrated 
50 70 - 65 70 theoretical limit 
NITROGEN 40 % demonstrated 
HYDROGEN A N D  AMMONIA 30 % - 50 % demonstrated 
PROJECTED SYSTEMS 50 % - 60 %maximum 
Note that the wasted thruster power must be radiated away. More detailed designs require 
thruster radiator sizing. 
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3.2 Ion Thrusters 
Specific Power: 
Mercury 
(projected) 
Xenon 
(projected) 
Mercury 
(current) 
Isp ranges and propellant selections: 
Mercury 
Xenon 
Efficiency 
1.9 kwbg 
7.5 kwbg 
.125 k w b g  
2,000 - 5,000 sec 
2,OOO - 5,000 xc 
50 % - 70 % 
References: 33, & 34 
3.3 Solar Thermal Propulsion 
The Air Force has proposed the design of a solar thermal rocket with an Isp of 870 s. 
This rocket has solar reflectors which can provide 1.6 MWt of power with an ideal 
thrust of 84 lbf16. A mass statement is unavailable at this time. 
40 
I 
I 4.0 General Subsystems 
1 
I 
8 
I 
I 
1 
8 
I 
I 
1 
I 
I 
1 
These subsystems are applicable to any spacecraft whether it is conventional chemical, 
nuclear electric, or solar thermal in nature. 
4.1 Structures 
The mass of the structure is a larger percentage of the vehicle mass for landers than 
for orbiters. Orbital vehicles such as the Centaur, the Apollo Command and Service 
Modules (CM&SM), the LEM Ascent Module, and the GD AOTV require that 8% of the 
total wet mass be structure. This 8% does not include tank mass. 
Lander vehicles (STS, LEM Descent Module, 0 require about 45% of their landing 
mass to be structure. They also require landing gear. Typically, an additional 2% of the 
landing mass is allotted for lunar landing gear, while 4% is allotted for Earth landing 
gear. Figure 4.1-1 shows the percentage of the burnout mass that is landing gear for 
some of the vehicles in Appendices A and B. 
4.2 Attitude Control 
With the exception of the STS, the vehicles in Appendix A all have an attitude control 
system which is approximately 3% of the total spacecraft wet mass. Half of the mass of 
the ACS is propellant, the other half is systems such as tanks and thrusters. This is 
shown graphically in Figure 4.2-1 and 4.2-2. 
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4.3 Crew Module - 
The crew module is that section of the spacecraft which holds the astronauts. It may 
contain numerous other subsystems if they are integral to its design. Spacecraft sections 
which can be detached or separated without endangering the crew are not part of the 
crew module. 
The mass of an OTV style crew module has been predicted to be 5.5 m. tons for a four 
man capability26. Lunar lander vehicles are 3.25 m. tons for four crewmen. Table 4.3-1 
26 gives some data on known vehicles . 
SDacecraft 
Mercury 
Gemini 
Apollo LEM Ascent 
Apollo Command Module 
soyuz 
salyut 
Mir 
Space Shuttle Orbiter 
Skylab 
Mir Complex 
Space Station (2 Modules) 
Mass (lbm) 
2,400 (at recovery) 
5,900 (with Heatshield) 
4,000 (w/o Engine) 
6,400 (w/o Heatshield) 
13,500 (total) 
41,675 
44oO0 
190,000 
203,000 
235,000 
278,000 
45 
Longest Habitable 
crew Stay (days) volume (fi3) 
1 
2 
2 
3 
3 
3 
6 
7 
3 
6 
8 
< 1  55 
14 (2 crew) 80 
8 (2crew) 159 
14 (1-3) 208 
18 (2 crew) 363 
237 (2 crew) 3,500 
326 (2 crew) 4,600 
10 (6 crew) 2,625 
84 (3 crew) 12,800 
- 18,000 
- 8,000 
4.4 ECLSS and Consumables, Open and Partially Closed and Crew Provisions 
Tables 4.4-1 and 4.4-2 describe the environmental control and life support requirements 
of spacecraft. 
~ 
Table 4.4-1: ECLSS Averape Design Loads* 
Metabolic O2 
Leakage Air 
EVA 0 
EVA (262 
Metabolic C02 
Food preparation H 0 
Metabolic H 0 pro8uction 
ShowerH 0 
EVAH C? 
Perspirdion and respiration H20 
UrineH 0 
Food soi4ds 
Food packaging 
Urine solids 
Fecal solids 
Sweat solids 
EVA Wastewater 
Charcoal required 
Metabolic sensible heat 
Hygiene Latent H20 
Food preparation latent H20 
WashH Osolids 
Showerzand wash H20 solids 
Airlock gas loss 
Trash 
Trash volume 
Drink H20 
Clothhgwas zl H20 
Handwash H20 
Urinal flush H 2 0  
Food H20 
* Taken from Reference 27 
46 
0.83 kg/man day 
2.27 kg/day total 
0.55 kg/8 hr EVA per man 
0.67 kg/8 hr EVA per man 
1 .OO kg/man day 
1.86 kg/man day 
0.72 kg/man day 
0.35 kg/man day 
12.74 kg/man day 
1.8 1 kg/man day 
3.63 kg/man day 
4.39 kg/8kg hr EVA per man 
1.82 kg/man day 
.049 kg/man day 
1.50 kg/man day 
0.73 kg/man day 
0.45 k-an day 
0.45 kg/man day 
0.06 kg/man day 
0.03 kg/man day 
0.02 kg/man day 
0.91 kg/k8 hr EVA per man 
0.06 kg/man day 
2.05 kW-hr/man day 
0.44 kg/man day 
0.03 kg/man day 
0.44 percent 
0.12 percent 
0.60 kg/use 
0.82 k g / y  day 
0.0028 m /man day 
I 
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Table4.4-2: Open and Partially Clos ed Low ECLSS Consum ables Us= e 
Oxygen 
Metabolic 0 2  
Leakage O2 
Leakage N2 
Nitrogen 
-0.83 kg/man/day 
-0.50 kg/day total leakage 
-1.77 kg/day total leakage 
Water 
Potable drinking water -1.86 kg/man/day 
Food prep water -0.72 kg/man/day 
Hygiene water -5.44 kg/man/day 
Clothing wash water - 12.47 kg/man/day 
Urinal flush water -0.49 kg/man/day 
Housekm h a  water - .45kdman/day 
Subtotal - 21.43 kg/man/day 
Food 
Food solids -0.73 kg/man/day 
Food H20 -0.45 kg/man/day 
Food Pack*? -0.45 kg/man/day 
Subtotal - 1.63 kg/man/day 
Total Open Loop - Oxygen, Nitrogen, 
Water and food = 23.89 kg/man/day 
+2.27 kg/day Leakage 
Total = 14.5 Metric Tons 
Total = 4.1 Metric Tons 
for a crew of 6 for 100 days (open loop) 
for a crew of 6 for 100 days (water loop 90% closed) 
Figure 4.4-1 depicts the mass of the ECLSS for the vehicles of Appendix A. 
There are many other items which must be included in order to support the crew. 
Spacesuits, tools, and equipment for External Vehicular Activity (EVA) are often referred 
to as Crew Provisions. Figure 4.4-2 gives some idea of the mass comparison for these 
items on vehicles of the past and present. 
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4.5 Docking Fixtures 
The mass required for docking fmtures varies with the requirements. 
are noted here: 
A few numbers 
Item 
Universal Docking Adapter 
Shuttle docking adapter (L shaped 
tunnel from shuttle airlock to Space Station) 
Space Station Node mechanism 
(docking adapter plus hatch) 
Apollo-Soyuz Docking Module/Airlock 
(total weight including experiments, stowage 
and fluids) 
Reference 
28 
29 
30 
6 
Mass. lbm 
250 
2,750 
470 
7,390 
4.6 Contingency Factors 
Aerospace vehicles always grow in size from conceptual design to flight hardware. This 
is because it is rare for designers to think of everything in conceptual design and also 
strive for maximum performance. It is therefore customary to add a contingency factor 
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to the dry mass. !hnbers from 10 to 30% are commonly used depending on the designer's 
confidence in the original estimate. Vehicles with existing analogs can be more accurately 
estimated. 
4'7 Avionics 
The avionics subsystem provides the spacecraft with the data required for guidance, 
communications, and flight operations. Sensors, electronics, and computers generally fit 
into the category of avionics. 
The mass of the avionics subsystem is typically 3% to 4% of the total spacecraft weight. 
However, as Figure 4.7-1 demonstrates, this subsystem may vary between 1 and 10%. 
4.8 Power and Electrical 
The power and electrical subsystem makes up approximately 5% of the total wet mass of 
unmanned vehicles like the Centaur and the GD AOTV. For manned vehicles, this subsystem 
is about 10% of the total mass of the vehicle. Figure 4.8-1 shows the mass fraction of 
the Power and Electrical subsystem for many of the vehicles in Appendices A and B. 
"here are several types of power sources which can be used for long duration spaceflight. 
Solar power systems include solar photovoltaic and solar dynamic. Nuclear power sources 
can be thermoelectric, thermionic, or heat engines (dynamic). 
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4.8.1 Solar Photovoltaic 
Three types of solar arrays are considered here--Silicon (Si), Gallium Aluminum Arsenide 
(GaAlAs), and Indium Phosphide (InP). The silicon solar arrays have a power conversion 
efficiency of 9%. This which degrades by 25% after 10 years exposure to space radi- 
ation. The silicon arrays have a specific power of 8.8 <W/kg>. The Gallium Aluminum 
Arsenide arrays have a power conversion efficiency of 1795, which degrades by 12 to 15% 
after 10 years, and have a specific power of 35 <W/kg>. Indium Phosphide arrays are 
new. They are slightly more efficient (20 to 25%) than the Gallium arrays, which gives 
them slightly higher specific power. But more hportantly, their power output does not 
degrade over time due to radiation damage. 
It should be noted that the power degradation discussed up to this point is known as 
radiation degradation. It is power lost due to long term exposure to solar radiation. 
There are other forms of degradation which can affect a solar array. Micrometeoroids 
and local space contamination can damage and reduce the efficiency of solar arrays. In 
some cases, these are more destructive than radiation, and should be seriously considered 
when designing and sizing solar arrays. 
Nominally the specific power of current solar arrays is 22 <W/kg>. 
on the mounting and orientation of the solar array. 
mass relationship for solar arrays for different mountings and orientations. 
This varies based 
Figure 4.8-2 shows the power to 
The 32 kWs of output power provided by the Skylab solar arrays is the largest space- 
based solar array power source to date. Larger systems, such as the Solar Electric Propul- 
sion (SEP) h a y  (See Figure 4.8-3), have been proposed. 
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Taken fram Reference 18 55 
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4.8.2 Nuclear ThermoelectridThermionie 
The following equations are valid for nuclear thermoelectric power systems from 0.3 
megawatts (MW) through 10 MW. Specific Power (Psp) is given in h / k g  or MW/MTon. 
Power is expressed in MW. These reactors have efficiencies ranging from 5 percent at 
0.3 MW to 11 percent at 10 MW. Radiators are sized at 900'K. Shielding is a shadow 
shield. 
Instrument: 
Man-rated 
Psp = 0.02 + O.O97*P - 0.0129*P2 + 0.00081*P3 
Psp= 0.0049 + 0.048*P - 0.0043*P2 + 0.000U*P3 
where: P = Power<Mw> 
Psp = Specific Power <Mw/Mton> 
Source Data Table 
Power Reactor Radiator Power Shield Total Psp 
Level Converter inst/man inst/man inst/man 
(W) (W) (W) (MwFrr) 
0.3 1.6 2.0 1.7 0.9/10.9 6.U16.2 0.048/0.019 
1 .o 2.4 2.9 2.3 1.9/12.7 9.5D0.3 0.105/0.049 
3.0 3.9 3.6 3.7 2.6/14.5 13.8D5.7 0.217/0.117 
10.0 7.4 4.3 4.8 3.2/17.4 19.7/33.9 0.508/0.295 
Data is from Don Carlson via Paul Keaton, both of Los Alarnos National Laboratory. 
57 
From graph 4.8-3, the SP-100 nuclear electric power system has a power output of between 
100 and 250 kw for systems of mass 3000 and 9OOO kg respectively. This system has an 
average specific power of 0.030 W/MTon>.  The equation above (Instrument Specific 
Power) compares well with this data at the 100 kw power level. 
4.8.3 Heat Engine 
Figure 4.84 gives the specific mass of many el&c (nuclear and non-nuclear) closed 
cycle dynamic heat engines. The dashed line represents the best-fit linear relationship 
of specific mass to electrical power. 
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4.8.4 Nuclear-Safe Orbits 
A significant issue for nuclear powered spacecraft is the decay time of the assembly and 
departure orbit. There is some speculation that a nuclear reactor of significant size 
would not be permitted to park in LEO. If the vehicles are required to park in higher 
orbits with long decay times, sisnificant cost and performance penalties will result, 
mainly the need for an additional transport shuttle. 
Previous studies have used 500 nm circular orbits, but the actual politically permissible 
altitude has yet to be determined. 
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APPENDIX A 
2.2 Mass Breakdowns for Selected Conventional Propulsion Designs 
The following weight statements can be used to help determine subsystem masses. Some 
vehicles described here are proposals only and the numbers should be viewed with caution. 
Others are flight hardware. 
If the fuel and oxidizer propellant tanks cannot be separated then the total mass of 
both tanks is recorded as the "Fuel Tank(s)" mass, and a "-" is recorded for the mass 
of the Oxidizer Tank(s). 
All masses are in pounds. 
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Spacecraft: Aerobraked Oxygen Tanker 
Date of Operation: Proposal 1986 
I 
Manufacturer: Boeing 
Propulsion (1,280) 
Fuel Tank( s) 
Oxidizer Tank(s) 
Pressurization System 
Engine Assembly 
Avionics 
Structure 
Thermal Protection and Aerobrake 
Crew 
Power and Electrical 
Landing / Docking 
Attitude Control System (ACS) 
Contingency 
lbm 
400 
620 
260 
610 
1,175 
2,615 
0 
540 
0 
180 
960 
- 
Propellants (93,595) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACS - includes reserves) 
7,360 
2,410 
20 
90,845 
320 
- 
Total Mass 
Note: 
Reference: 10 
2% FPR, 10% ACS Margin 
64 
100,955 
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Spacecraft: Single Task Set Orbital Transfer Vehicle 
Date of Operation: Proposal 1986 
Manufacturer: General Dynamics 
lbm 
Propulsion ( 1 17 1) 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thermal/Heatshield/Aerobrake 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
Landing/Docking 
292 
9 
870 
- 
150 
2,732 
1,466 
0 
555 
0 
308 
0 
Dry Mass 
Propellants (41,956) 
Unusable (Main Propulsion System - M P S )  
Unusable (Attitude Control Propulsion System - ACS) 
Vented Propellant 
Usable (MPS - incl. FPR + 176) 
Usable (ACPS) 
6,382 
408 
121 
41,019 
408 
- 
Total Mass 
Reference: 
65 
48,338 
Spacecraft: 
Date of Operation: Proposal 1983 
Manufacturer: 
Advanced L02/LH2 Orbit Transfer Vehicle (proposal 1983) 
I 
Martin Marietta Corporation, Pratt & whitney 
Propulsion (1450) 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thermal/Heatshield/Aerobrake 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
Landing/Docking 
lbm 
352 
308 
746 
44 
736 
1,025 
508 
0 
0 
459 
418 
- 
Dry Mass 
Propellants (40,343) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable ( M P S  - includes reserves) 
Usable (ACPS - includes reserves) 
4,596 
474 
66 
1,003 
38,454 
346 
Total Mass 
Notes: 
Reference: 8 
2% FPR, 10% ACS Margin 
66 
44,939 
Spacecraft: Centaur G 
Date of Operation: 1962 (Atlas) 
Manufacturer: General Dynamics 
Propulsion (2,166) 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thermal/Heat shield/Aerobrake 
Environmental Control 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
Landing/Docking 
lbm 
626 
- 
- 
1,540 
3 14 
3,370 
0 
0 
313 
0 
0 
- 
- 
Dry Mass 
Propellants (29,916) 
Unusable (Main Propulsion System) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable ( M P S  - includes reserves) 
Usable (ACPS - includes reserves) 
6,163 
557 
40 
29065 
254 
- 
Total Mass 36,079 
Note: Centaur G can deploy a 10,288 lb payload into a geosynchronous orbit at 0" 
inclination. The Space Shuttle delivers the Centaur to a nominal parking 
orbit 150 nm circular with an inclination of 28.5'. The performance is based 
on deployment occurring within 8 hours after liftoff. 
Reference: 12 
67 
Spacecraft: Space Shuttle Orbiter 
Date of Operation: November, 1982 
Manufacturer: Rockwell Corporation 
Propulsion (3,042) 
Fuel Tank (s) 
Oxidizer Tank 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thennal/Heat shield/Aerobr &e 
Environmental Control 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
Landing/Docking 
lbm 
832 
842 
760 
608 
6,505 
67,427 
27,722 
5,298 
1,833 
14,522 
8,544 
3,142 
0 
Propellants (30,594) 
Unusable (Trapped Main Propulsion System) 
Unusable (Attitude Control System - Trapped ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACPS - includes reserves) 
138,035 
800 
378 
0 
22,000 
7,416 
Total Mass 168,629 
Note: The structural weight includes the Hydraulic conversion and surface controls. 
The SSME’s (20,884 lbs) and their support equipment (10,354 lbs) are not 
included in this weight statement. The main propulsion system referenced 
in this table is the Orbital Maneuvering System (OMS). 
Reference: 22 
68 
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Spacecraft: Apollo Service Module 
Date of Operation: May, 1964 
Manufacturer: North American Aviation Inc. 
lbm 
Propulsion (3495) 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Themal/Heatshield/Aerobrake 
Environmental Control 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
Landing/Docking 
2,443 
209 
843 
- 
181 
3,133 
176 
601 
0 
1,680 
0 
662 
0 
Dry Mass 
Propellants (46,572) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACS - includes reserves) 
9,928 
900 
61 
0 
45,000 
61 1 
Total Mass 
Reference: 11 
69 
56,500 
Spacecraft 
Date of Operation: January, 1968 
Manufacturer: GrUmman 
Apollo Lunar Excursion Descent Module 
Propulsion ( 1,140) 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure (incl. Ascent Propulsion System & Propellant) 
Thermal/Heatshield/Aero brake 
Environmental Control 
Crew (incl. Astronauts) 
Power & Electrical 
Attitude Control System (ACS) 
Contingency (Parking Orbit, Tank Failure, & Checkout RCS) 
LaIlding/Docking 
lbm 
239 
239 
200 
462 
1,152 
7,737 
695 
717 
1,448 
560 
311 
48 
- 
Dry Mass 
Propellants (17,445) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACS - includes reserves) 
13,808 
455 
39 
0 
16,505 
446 
Total Mass 3 1,253 
Note: This mass statement includes the Lunar Ascent Module. 
Reference: 13 
70 
I 
I 
I 
1 
I 
I 
I 
I 
I 
1 
I 
I 
I 
I 
I 
1 
I 
I 
I 
Spacecraft: 
Date of Operation: January, 1968 
Apollo Lunar Excursion Ascent Module 
Manufacturer: GrUmman 
lbm 
Propulsion 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thermal/Heatshield/Aerobralce 
Environmental Control 
Crew (incl. Astronauts) 
Power & Electrical 
Attitude Control System (ACS) 
Contingency (Parking Orbit, Tank Failure, & Checkout RCS) 
LandingDOcking 
515 
92 
92 
105 
226 
856 
1,158 
0 
334 
717 
774 
0 
31 1 
48 
Dry Mass 
Propellants (5,275) 
Unusable (Main Propulsion System - M P S )  
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACS - includes reserves) 
4.7 13 
128 
39 
0 
4,662 
446 
Total Mass 
Reference: 13 
9,988 
71 
Spacecraft Apollo Command Module 
Date of Operation: November, 1967 
Manufacturer: North American Aviation Inc. 
Propulsion 
Fuel Tank (s) 
Oxidizer Tank (s) 
Pressurization 
Engine Assembly 
Avionics 
Structure 
Thermal/Heat shield/Aerobr ake 
Environmental Control 
Crew 
Power & Electrical 
Attitude Control System (ACS) 
Contingency 
LandingDOcking 
lbm 
0 
0 
0 
0 
0 
1,434 
1,655 
2,615 
448 
1,166 
675 
63 1 
166 
0 
Dry Mass . 8,790 
Propellant (210) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS - includes reserves) 
Usable (ACS - includes reserves) 
0 
10 
0 
0 
200 
Total Mass 
Reference: 11 
72 
9,000 
I 
1 
I 
I 
I 
I 
I 
I 
I 
I 
I 
1 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
APPENDIX B 
Mass Breakdowns for Selected Electric Propulsion Designs 
The following weight statements can be used as reference points for calculating subsystem 
mass for electric propulsion vehicles. 
AU masses are in pounds. 
73 
Spacecraft: 
Date of Operation: Proposal 1985 
Manufacturer: Eagle Engineering 
Nuclear Electronic Propulsion (NEP) Freighter 
lbm 
Propulsion ( 15,675) 
Propellant Tank( s) 
Pressurization 
Engine Assembly 
Power and Electrical (50,715) 
ReactorPower Conversion 
Shielding 
Radiator 
Avionics 
Structure 
Thermal Protection and Aerobrake 
Environmental Control 
Crew 
Landing/Docking 
Attitude Control System (ACS) 
Contingency 
1,001 
14,674 
- 
1 1,025 
6,6 15 
33,075 
1,424 
6,414 
0 
0 
0 
0 
2,185 
0 
Dry Mass 
Propellants (275,913) 
Unusable (Main Propulsion System - M P S )  
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS) 
Usable (ACS) 
76,413 
- 
- 
268,897 
7,016 
~~ ~~ 
Total Mass 
Note: The Freighter carried 400,000 lbs of payload. 
Reference: 14 
74 
352,326 
I 
I 
I 
I 
I 
I 
I 
I 
I 
1 
1 
1 
I 
I 
I 
1 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
B 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
Spacecraft 200 KWt Electric Orbital Transfer Vehicle 
Date of Operation: Proposal 1984 
Manufacturer: Martin Marietta 
Propulsion (5382) 
Fuel Tanks 
Oxidizer Tank 
Pressurkat ion 
Engine Assembly 
Power and Electrical (10,610) 
Reactorpower Conversion 
Shielding 
Radiator 
Avionics 
Structure 
Thermal/Heatshield/Aerobr&e 
Environmental Control 
Crew 
Attitude Control System (ACS) 
Contingency 
Landing 
lbm 
1,228 
- 
- 
4,154 
6,461 
198 
3,951 
887 
3,688 
0 
0 
0 
0 
255 
1,091 
Dry Mass 
Propellants (47,001) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS) 
Usable (ACS) 
21,913 
38 1 
202 
45,764 
856 
- 
Total Mass 
Note: Payload carries is 44,OOO lbs. 
Reference: 17 
75 
69,116 
Spacecraft: 50 KWt Electric Orbital Transfer Vehicle 
Date of Operation: Proposal 1984 
Manufacturer: Martin Marietta 
lbm 
Propulsion (578) 
Fuel Tanks 
Oxidizer Tank 
Pressurization 
Engine Assembly 
Power and Electrical (3,948) 
ReactorPower Conversion 
Shielding 
Radiator 
Avionics 
Structure 
Thermd/Heatshield/Aero brake 
Environmental Control 
Crew 
Landing 
Attitude Control System 
Contingency 
301 
277 
3,948 - 
374 
825 
- 
- 
189 
293 
Dry Mass 
Propellants (8,247) 
Unusable (Main Propulsion System - MPS) 
Unusable (Attitude Control System - ACS) 
Vented Propellant 
Usable (MPS) 
Usable (ACS) 
6,207 
64 
101 
7,781 
30 1 
- 
Total Mass 
Note: Payload carried is 1 1,OOO lbs. 
Reference: 17 
76 
14,454 
I 
I 
I 
1 
I 
I 
I 
I 
1 
I 
1 
1 
I 
I 
I 
I 
I 
I 
I 
